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FOREWORD

I

I

I

This reporton the Design Information Testing of

Gemini 85- and 100-pound-thrust 0AMS Thrust Cham-

ber Assemblies was prepared for the HcDonnell

Aircraft Corporation in accordance with the

requirements of Purchase Order Y20161R.

|
ABSTRACT

I

|@
|

I

I'
_U

:'iU

The Design Information Test program conducted on

Gemini 85- and 100-pound-thrust 0AMS Thrust

Chamber Assemblies is described. Test data,

photographs of test equipment, and test summaries

are included.

R-15038-2 iii
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INTRODUCTION

This final report presents %he Design Information Testing (DIT) of the

Gemini 85- and 100-pound-thrust Orbit and Attitude Maneuvering System

(OAMS) Thrust Chamber Assemblies (TCA's). The purpose of DIT was to

explore the capability of the thrust chamber %o operate under more

adverse conditions than normally encountered in flight.

DIT was conducted on production configuration TCA's except for (l) the

propellant valve inlet connections, and (2) the use of chamber pressure

taps %o measure combustidn chamber pressure during the tests. The inlet

fittings incorporated threaded connectors in place of tube stubs supplied .

with production engines. The chamber pressure tap was utilized during

test firings; however, i% is not used in flight. Propellant valves were

actuated by a 26-vo1% d-c power source with no spike-suppression circuits.

This report summarizes results from the individual tests and provides

added interpretation in a manner similar %o that which was done for the

25-pound-thrust Re-entry Control System (RCS) and 25-pound-thrust OAMS

TCA's _. A brief recapitulation of each test is presented prior %o con-

clusions. Performance and durability aspects are reviewed separately.

Also, operating conditions likely %o cause catastrophic failures are

discussed, as is testing which would contribute additional information

on the capability of the 85- and 100-pound-thrust TCA's.

g

Ig
! nO
;u

_R-15038-I, Final DIT Report, 25-pound RCS and 25-pound OAMS Engines
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CONCLUS IONS

DIT has been extremely worthwhile in evaluating the capability of the

95- and 100-pound-thrust TCA's. One 85- and one 100-pound-}hrust TCA

were subjected to a steady-state endurance test to failure, proving

that both modelswill exceed specification requirements. Results of

the low supply pressure, low-temperature, and stuck valve tests indi-

cate no conditions that might be Catastrophic other than the obvious

loss of propellant encountered with a propellant valve stuck open.

The off-mixture ratio test indicated capability of operating safely at

all but the +50 percent of nominal mixture ratio condition. The TCA

cannot withstand operating under this condition very long before ex-

ceeding a 600 F skin temperature and eroding severely. The plugged

injector test was considered to have been exceptionally severe; however,

the TCA successfully completed all but the final steady-state part of

the OCM 218 MDC with only a l_-percent loss of specific impulse. The

high-temperature tests were run for 75 seconds, which indicates

that the propellant valves will operate satisfactorily under adverse

temperature conditions. This test reveals a potential problem of

injector erosion which should be explored further.

It is therefore believed that the design information tests have been

of unquestionable benefit in exploring the capability of the _5- and

lO0-pound-thrust OAMS thrust chambers.

R-lS03s-2
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I PERFORMANCE

LOW SUPPLY PRESSURE (APPENDIX H)The purpose of this test was to determine the effect on thrust chamber

performance with reduced propellant pressure at the valve inlets. The

test simulates what might occur in flight in the event of a regulator

I malfunction or approaching depletion of pressurant. A regulator mal-

function could cause reduced propellant pressure in either of two ways:

I (1) if the regulator were partially closed and TCA firing demandStuck

exceeded pressurant flow capacity and the astronaut elected not to use

I the bypass valve, or (2) if the bypass valve were used and other duties

occupied the astronaut"s attentionso that he momentarily did not ob-

serve propellant tank pressure decay.

INC

|

|

The tests were run at test site ambient temperature and pressure. The

mixture ratio was set at 1.6 prior to reducing inlet pressure. Thirty-

three steady-state firings were made of 5 seconds duration each at inlet

pressures of 75, 50 and 25 percent of design inlet pressure, respectively.

The test revealed that both c$ and mixture ratio remained essentially

constant for the 75 and 50 percent of nominal inlet pressure tests, but

dropped approximately 8 percent at the 25-percent inlet pressure. Also,

at the 25-percent point, the mixture ratio was reduced from 1.6 to ap-

proximately 1.57. Chamber pressure was reduced progressively as inlet

pressure was reduced and reached a low of 50 psig at 25-percent inlet

pressure. The test is significant in showing that severe losses in c$

do not occur with inlet pressure reduced by as much as 50 percent. Ad-

ditional information could have been obtained if the test had been run

at altitude,U

R-15058-2 5
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0FF-_IIXTURE RATIO _PPENDIX D)

Th_ off-mixture ratio test was conducted to investigate the effect on

TCA performance and life of operating at ±10 and ±50 percent of nominal

mixture ratio. Three firings of 3.2 seconds duration each were made at

each of the four mixture ratio settings. Mixture ratio for the ±10-

percent points was established by setting the desired mixture ratio and

controlling the total flow so that it remained the same as it would for

a nominal mixture ratio setting. Mixture ratio for the ±50-percent test

was established by reducing oxidizer flow to obtain the -50-percent

setting and decreasing fuel flow to obtain the +50-percent setting. In

these cases, total flow was not held constant. In addition to the'cali-

bration test, and orbit component maneuver (0CM) 218 mission duty cycle

(MDC) was conductedat the high mixture ratio setting to evaluate dura-

bility. This will be discussed subsequently.

Curves of c*, specific impulse, and _ for each mixture ratio setting

are contained in Appendix D. CF remained essentially constant over

the range of mixture ratios tested; c* dropped about _ percent for a

10-percent reduction in mixture ratio and 15 percent for a 50-percent

reduction in mixture ratio. Optimum c* appeared to occur at a 2:1

oxidizer-fuel ratio. Specific impulse increased approximately 1.5 per-

cent above nominal at the high mixture ratio setting, and decreased

approximately 12.5 percent at the low mixture ratio setting. Theoretical

optimum mixture ratio for frozen equilibram occurs at approximately a

1.8 mixture ratio.

These performance relationships show that large increases in mixture

ratio above design nominal have relatively small performance effects.

On the other hand, large reductions in mixture ratio below design

R-1505s-2
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nominal have a pronounced effect on performance. The variation in per-

formance between TCA's is not taken into consideration for the results

• noted. In all probabilit_ these performance variations will be as large

as the variations in perfolnnance experienced in the mixture ratio range

of ±10 percent of nominal.

PLu_m rSJECT0a (_mNDIX G)

The plugged injector test was a test performed with four sequential ox-

idizer holes plugged and four sequential fuel holes plugged (nonimpinging).

The two rows of plugged holes were on the same side of the injector sepa-

rated by one pair of impinging holes (Fig. 32 of Appendix G ). This was

considered to be the most severe manner which the injector might be plugged.

The test was run to determine what performance and physical effects would

result from operating in this condition. The test was designed to evaluate

a potential malfunction although it is almost out of the realm of possi-

bility to have 25 percent of both oxidizer and fuel passages blocked in

flight. The test is considered extremel_ severe.

the performance of the TCA prior to and after plugging the injector holes

is shown in Table 2 of Appendix G . For comparable propellant inlet

pressures, mixture ratio increased from 1.61 to 1.77, chamber pressure

dropped from 1_8 to 132 psig, and c* dropped from 5221 to _89 (l_ percent)

as a result of plugging the injector. The flame pattern was severely dis-

turbed as evidenced by the highly localized erosion of the chamber fol-

lowing the test.

I

1
,O
g

U

The TCA performance is considered surprisingly good in view of the severity

of operating with 25 percen t of both fuel and oxidizer passages plugged.

Ib-15038-2
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TCA transient performance was unaffected. The test dispels any doubt

that the TCA would continue to operate satisfactorily if only one or two

holes were partially plugged; a condition more likely to be experienced

in flight.

8 R-15038-2

E

@

|

|

|

|

r



!

I

IlO C I{ lET I}¥ r_/IE l A DIVISION OF- NORTH AMERICAN AVIATION. INC

DIYRABILITY

CONTINUOUS TEST TO CItAMBt_ FAILURE (APPENDIX A)

The purpose of this test was to determine the maximum capability of the

85-pound-thrust TCA when operated continuously.

I

I

I

I

g

Io

I

|

II

U-

U

The test was performed at a simulated altitude of approximately 100,000

feet at ambient temperature. Three calibration tests, plus six 1-second

tests simulating prelaunch checkout, were made prior to the start of

endurance testing.

Tabulated below is a comparison of specification requirements and test

results.

Specification
Parameter Requirements Test Results

83 82Thrust (maximum),

pounds

Specific Impulse

(maximum), seconds

Throat Skin Temperature

(after total firing
time of 1_7 seconds),
F

Throat Skin Temperature

(after total firing
time of 270 seconds*),
F

280

500

700

296

(approximately)

180

300

*Includes calibration plus Cape cycle time

The test xqas extended beyond the minimlun specification requirement of 270

seconds to 358.6 seconds of steady-state operation or 373.6 seconds total

R-15038-2 9
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time including calibration and cycle time. Throat erosion started after

40 seconds of operation and gradually increased as the test progressed,

as evidenced by the curve of chamber pressure vs time. The test was

terminated because of burnthrough at the entrance t6 the throat.

O

E

E
The test shows that the 85-pound-thrust TCA exceeds specification require-

ments. Further, it shows that the point of catastrophic failure is well

beyond the specification requirement of 270 seconds. The sectioned chamber

is shown in Fig. 6 of Appendix A. Although severely eroded, the erosion

pattern is uniform, indicating a good injector spray pattern.

I

.|
CONTINUOUS TEST TO C2tAMBI_ FAILURE (AI_PENDIX B)

Essentially the same test as described above was conducted using a 100-

pound-thrust TCA.

The test was conducted at an altitude of approximately 100,000 feet and

at ambient temperature. The chamber received three calibration tests,

plus six 1-second tests simulating prelaunch checkout prior to the endurance

testing.

The following is a tabulation of test results compared to specification

recuirements.

Specification

Parameter Requirements Test Results

99.3 102Thrust (maximum),

pounds

Specific Impulse

(maximum), seconds

280 293

(approximately)

! io R-15038-2
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Specification

Parameter Requirements Test Results

650 180Throat Skin Temperature

(after total firing time

of 220 seconds _), F

Throat Skin Temperature

(after total firing time

of 500 seconds_), F

700 200

_Includes calibration plus Cape cycle time

With exception of thrust being slightly in excess of the specification

maximum, the performance of the TCA was within specification limits for

the entire test. Failure started at _25 seconds, but the test'was allowed

to continue until burnthr0ugh occurred. The TCA steady-state operating

time was _3.8 seconds with a total firing time (including calibration and

cycle time) of _59._ seconds.

A posttest examination of the thrust chamber revealed two burnthrough

areas at the injector end of the chamber. Also, there was uneven erosion

in %he combustion chamber and throat area. Part of the splashplate was

burned away which affected the injector spray pattern and may have caused

the uneven erosion of the combustion chamber. A detailed evaluation of

the condition and probable cause of failure is contained _n Appendix B.

Despite the posttest condition of the TCA, there was no catastrophic

failure (as defined) within the specification requirement.

Steady-state operation is the most severe t:Fpe of operation from the

standpoint of erosion. However, if flight events require steady-state

firing up to 270 seconds, the results of this test indicate that the

100-pound-thrust TCA can accommodate such a requirement with a margin

of safety.

g R:15038-2 11
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EXTRI_IE LOW-TI_IPERATURE TEST (APPH_DIX C)

The 2ow-temperature test was conducted by precooling the TCA to -100 F

prior to each firing. Propellants were maintained above +15 F during the

tests. Five steady-state firings were made with inspection of the TCA

following each test and recooling prior to the start of the follvwing test.

The purpose was to simulate temperatures which might be encountered in

flight to determine if start transients would be affected and if thermal

shock would cause damage to materials within the TCA. There was no re-

quirement to investigate freezing of propellants within the injector pas-

sages; therefore, this facet was not tested.

The chamber tested had two longitudinal cracks in the throat insert and

two cracks in the second liner segment prior to the start of cold testing.

J
[

{

[

t

|

1

Oscillograph records indicated no lag in start time as a result of the

-100 F temperature of the TCA and the +15 F temperature of the propellants.

Posttest inspection revealed no additional damage to the liner segment

which was previously cracked. The throat, however, sustained two additional

cracks; one longitudinal and one circ_Lmferential just forward of the minimum

diameter. Erosion of the throat was encountered in the area between the

two cracks. X-ray examination revealed no damage to ablative materials.

It is not clear whether the additional throat cracks sustained during the

tests were related to the -100 F initial chamber temperature. The fact

that the throat was already cracked at the start of the test might be indic-

ative of a throat with inferior physical properties.

Despite the cracks, the throat insert remained intac_ and the five 15-

second-duration tests were completed successfully. The ablative materials

were in excellent condition at £he conclusion of the test as indicated by

X-ray examination.

12 R-15038-2
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0FF-MIXTURE RATIO TEST " APPENDIX D)

The effect on performance bf shifting mixture ratio +I0 percent and

+-50 percent from nominal has been previously reported. Discussed herein

are the results of conducting an OCM 218 MDC with mixture ratio set 50

percent above nominal (2.4 oxidizer/fuel ratio).

The specification maximum skin temperature of 600 F was exceeded during

the off period between the fifth and sixth pulses of the MDC which oc-

curred after 197 seconds of operation. The temperature increased gradu-

ally reaching a value of 750 F at cutoff at the completion of the final

95 seconds of steady-state operation following the MDC. Thrust and

chamber pressume started to decay during the last 5 seconds of the first

15-second firing. Although the JTA liner and throat were consumed com-

pletely and the combustion zone was heavily glassed, the erosion was uni-

form and there was no burn%hrough. The chamber was charred completely,

but there were no severe delaminations.

The test indicates that the chamber operating at a 2.4 mixture ratio will

not stay within specification requirements throughout an OCM 218M])C.

The temperature experienced a% this mixture ratio is in excess of that

which the JTA liners and silicon carbide throats will withstand. Proba-

bly, the decrease in chamber pressure helped to prevent delamination of

ablative materials and burnthrough.

s_= vALwTrot(_e_ E)

The purpose of the stuck valve test was to determine the hazard involved

in operating a TCA with a fuel valve stuck open and the oxidizer valve

R-15038-2 13
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operating', and vice versa. The test was conducted on a ]00-pound-thrust

TCA at local ambient temperature and pressure. The TCA was mounted with

%h_ nozzle inclined upward at an angle of 17 degrees to make the propel-

lant puddle in the injector, splashplate. One of the combustion zone

liner segments was cracked prior ¢o the test.

During the stuck fuel valve test, 11.8 pounds of M_Iwere consumed in

79.25 seconds of 15 pulses. During the stuck oxidizer valve test, 15._

pounds of nitrogen tetroxide were consumed in 58.37 seconds of 12 pulses.

In both cases, the TCA was fired 2.5 seconds and allowed to remain off

for 5.5 seconds for each pulse.

During the off period of the pulse cycle, propellant flow from the open

valve increased because of the lack of combustion chamber pressure. An

increase of approximately _0 percent was encountered on the fuel side

and 22 percent on the oxidizer side. TCA response time was consistent

and there were no abnormal oscillations of chamber pressure or tempera-

ture during the test. Chamber c _ efficiency was also not affected.

A posttest examination of the TCA revealed no change in the condition

of the liner segment which was cracked prior to the test. X-ray examin-

ation indicated several delaminations of the ablative body.

The test showed that the only significant effect of operating with a

propellant valve stuck open is the relatively large increase in propel-

lant consumption when the chamber is not operating. Possibly, an exten-

sion of the off-time of the duty cycle could produce significantly

different results. As an example, if larger quantities of oxidizer

were allowed to enter the hot TCA, erosion might increase. Additional

testing would be necessary to determine if this would happen.
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HIGH-T]_iPEPATURE TEST (APPENDIX F )

A test was conducted with a lO0-pound-thrust TCA preconditioned by

heating to 200 F. Propellants were'heated to 165 F prior to the test

and maintained at this temperature throughout the test series. The test

was conducted at an altitude slightly in excess of 100,000 feet. The

purpose of the test was to determine the effect on TCA durability of

preheating the TCA and operating with propellants at 165 F. The test

was conducted in the following manner: (1) the chamber was fired for

30 seconds continuously followed by a 5-minute off-period

to permi£ the propellant valve seat temperature to reach a maximum value;

(2) the first cycle was followed by two similar cycles, except firing

time was 20 seconds in each case; (3) at the third cycle, the TCAwas

pulsed 10 times, 0.5 seconds on, followed by 10 seconds off.

The thrust chamber used for the tests had previously completed 65.6

seconds of stuck valve design information testing. The throat had sus-

tained two radial cracks prior to the start of the high-temperature test.

One JTA liner had a longitudinal crack adjacent to the high-response

chamber pressure pickup hole.

The purpose of the test was to learn the effect of high environmental

temperature and propellant temperature on the life of the TC£ and opera-

tion of propellant valves.

The test was completed satisfactorily and operation of the TCA was normal.

However, posttest inspection disclosed erosion of the injector and six of

the seven liner segments were missing. Heavy deposits of liner material

were noted in the region immediately downstream of the throat. The throat

insert had additional cracks but the minimum diameter was not eroded.

R-15038-2 15
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There were also numerous delaminations of ablative material; however,

the chamber was not burned throug!l. Total time on the TCA including

previous testing was 1_7 seconds. ""

From the posttest condition of the chamber, it is apparent %hat high-

temperature operation is more severe than testing with room temperature

propellants and environment: .how much more severe cannot be determined

by a test of this nature. The test does show, however, that the chamber

can withstand limited exposure £o such conditions. In addition, it shows

no abnormal performance effects resulting from operating with the TCA

preheated to 200 F and with propellants at 165 F.

PLUGGED INJECTOR TEST (APPI_DIX G)

Performance of the TCA tested with the plugged injector has been pre-

viously discussed. The following discussion will concern the effect on

TCA life.

To provide a brief recapitulation of the test, four oxidizer and four

fuel holes (nonimpinging) were plugged %o simulate a condition which

could be created by contamination of the propellant system. The holes

selected were all on one side of the TCA, which is considered the most

severe condition.

The chamber was tested %0 an 0CM 218 MDC. Following the MDC, a steady-

state firing of 95.5 seconds was planned; however, failure of the TCA

occurred by burn%hrough at the entrance of the throat insert s_a%ion

after _7.16 seconds. As expected, the erosion pattern was all on one

side of the chamber. One half of the throat insert was washed away as

16 R-15038-2
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well as the edge of the last few liners. Minor delaminations were present

in other parts of the ablative material. Deposits of JTA liner material

were found at the throat exit. The skin temperature suddenly rose to

600 F during the steady-state firing at the end of the MDC. Burnthrough

was also sudden and covered a large area. Total burn time was 370.86

seconds.

The test revealed that the complete specification duration of _00 seconds

cannot be accomplished with 25 percent of the injector holes plugged.

Although the test does not prove this, it might be suspected that minor

stoppage of injector holes would hardly be noticed.

LOW SUPPLY PRESSURE (APPENDIX H )

The primary purpose of the low supply pressure test was to investigate

the effect of reduced propellant inlet pressure on performance. This was

previously discussed under %he performance see%ion. The secondary purpose

was to determine the effect on durability.

Twenty-three tests of 5-seconds duration each were run at 75, 50_and

25 percent of nominal propellant supply pressure. The tests were run

in descending order of pressure. At the termination of the tests, a

posttest inspection revealed that three of the JTA liner segments from

the injector end of the chamber were missing. These liners were

loose at the start of the tests, which may have been influentia] in

causing them to deteriorate.

2

The tests were no% of sufficient duration to obtain conclusive infomna-

Zion on life of the chamber; however, because mixture ratio decreased a%

R-15038-2
17
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25-percent supply pressure and did not change appreciably at 50- and

75-percent supply pressure, it may be reasoned that reductions in inlet

pressure would not affect TCA life appreciably.

18 Ib-15038-2

V_J_ _LH | |_L

|

I

|

I

d

.11
l

|

g

6

D



|

I_tOCK ETDY _ E • A QIVISION OF NORTH AMERICAN AVIATION INC

I CATASTROPHIC FAILURES

I

ilO

I

I

I

il

Of all items tested, only a few are considered severe enough %0 be likely

to cause premature catastrophic failure.

Premature catastrophic failure of the ]00-pound-thrust TCA occurred while

performingan 0CM 218 MD_ at a 2._ mixture ratio. Shell skin temperature

exceeded 600 F between %he fifth and sixth pulse after 197 seconds of

operation. In addition, decay in both chamber pressure and thrust began

after approximately 10 seconds of the first 15 seconds of the MDC. The

TCAwas allowed %o complete the MDC because burnthrough was not experi-

enced, S_in temperature at completion was 750 F. Posttest inspection

revealed severe erosion. It is therefore concluded that the 100-pound

TCA will not withstand operation at high mixture ratio fop an extended

period of time without early performance loss caused by throat erosion.

The limiting mixture ratio was not defined by the test because there was

no testing accomplished between +i0 percent and +50 percent of nominal.

g

|
go

g

Operation of the 100-pound-thrust TCA with 25 percent of the injector holes

plugged also produced premature catastrophic failure. Burnthrough in

"the combustion zone occurred after _7.16 seconds of the last 95.5 seconds

of steady-state operation at compIetion of the 0CM 218 MDC. Although

skin temperature did not exceed 600 F until the period of steady-state

operation was started, the TCA was severely eroded in a highly localized

area and failure occurred by a sudden breakthrough covering a rather

large area.

| A MDC was not conducted as part of the high-temperature test,which

makes it difficult to predict if premature catastrophic failure would

g
?
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be encountered under these conditions. The chamber was operated for

75 seconds with long heat-so_cback periods between firings. The long

hea_-soakback periods permit the injector to heat which, combined with

high-temperature propellants_ probably causes burning within the splash-

plate area as evidenced by splashpiate erosion. If allowed to continue,

the splashplate would erode to such an extent that the flame pattern in

the combustion zone would expand into a cone resulting in direct impinge-

ment on the combustion zone walls. This would cause premature failure.

These are the only conditions tested during DIT which either produced

or seemed likely toproduce premature catastrophic failures.

20 R-15038-2
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ADDITIONAL TESTING
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Unless such testing has already been. accomplished, it would be of interest

to define limiting conditions for freezing of propellants within the in-

jector, or provide for maintaining the injector above +15 F for all con-

ditions of flight. It is understood that propellants anff propellant

valves will be kept above +15 F; however, during long missions it is

conceivable that the injector may become cold enough to cause propellants

to freeze, particularly if propellant leakage is encountered.

It would be desirable to perform additional evaluation of the effects

of stuck propellant valves by exploring longer periods of time between

pulses to accumulate larger quantities of propellant or propellant vapors

within the TCA. The leaking propellant might possibly flash boil and

reach a limiting concentration; however, it would be of interest to de-

termine if such a condition occurs.

It would also be informative to conduct a test with less than 25 percent

of the injector holes plugged to determine if a MDC can be performed

safely.

Because off-mixture ratio endurance was conducted at only one mixture

ratio (2.4), it would be desirable to perform endurance testing at a

lower mixture ratio to define an upper limit which may be tolerated

with safety•

Erosion of the injector splashplate was experienced during two of the

design information tests• One case was encountered with the lO0-pound

TCA during the continuous test to failure; the second case during the

21
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high-temperature %est. The firs% case was attributed %0 leakage of hot

gas around %he injector, which increased the injector temperatur e causing

propellants to burn within the splashplate area. The second case com-

hfned with the high-temperature propellants was attributed %0 heal soak-

hack, which caused the injector %o overheat. If such a condition occurs

after the required life of the chamber has been expended, it is of little

concern; however, if a combination of circumstances can cause such a

failure early in the life of the TCA, it is of great concern.

It is believed worthwhile to perform additional high-temperature tests

with realistic mission conditions taken into consideration to determine

if injector overheating and resultant erosion constitute a flight hazard.
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APPENDIX A

CONTINUOUS TEST OF 85-POUND-TIqRUST

TCA TO CHAMBER FAILURE
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I TITLE: CO_rINOUS TEST T0 CHAMBER FAILUI%E DESIGN INFOPMATION TFST

I INTRODUCTION

|O

I

I

i
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A continuous firing to catas_rophicchamber failure design information

test was conducted on 22 May 1964, with 85 lb DIT Unit No. 1 flightweight

thrust chamber assembly.. The test was conducted at CTL-III, Cell 39D,

at a pressure altitude of 100,000 feet or higher and at local ambient

temperature. Catastrophic failure is defined as (1) loss of capability

to stop propellant flow, (2) any flow or leakage of propellants or com-

bustion products from the TCA at locations other than the TCA exit, and

(3) thrust chamber exterior wall or mounting attachments temperature in

excess of 600°F.

SUMMARY

The 85 ib DIT Unit No. 1 flightweight thrust chamber assembly was sub-

jected to a continuous steady state firing to catastrophic failure follow-

ing three calibration tests and six cape cycle tests. The test was term-

inated after 558.6 seconds of continuous firing because of a burnthrou_h

of the metal shell of the TCA. In addition to the burnthrough, the

throat insert and adjacent ablative in the combustion chamber were

severly eroded, resulting in a decay of chamber pressure and thrust in-

crease. This erosion commenced after 40 seconds of continuous firing

and continued to increase throughout the test. Temperature of the TCA

metal shell in the throat area exceeded 600°F after 5_7 seconds of con-

tinuous firing. Total accumulated burn time was 575.6 seconds, which

included 15.6 seconds of calibration and cape cycle firing.

R-15038-2 25
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DISCUSSION

Chamber Configuration

The thrust chamber was a standard S/C II production configuration TCA,

P/N 207510-41, S/N _05_517, shown on Figure 1. The TCA was manufactured

for DIT and did not have any.discrepancies that would affect its opera-

tion. There were no cracks in the finers or throat insert. The TCA

was instrumentated with thermocouples as shown in Figure 2.

Test Description

The thrust chamber was first calibrated to nominal thrust, mixture ratio,

and inlet pressures with a total of three tests for 9.6 seconds of firing

time. Following the calibration tests, a series of six one-second dura-

tion cape cycle tests were conducted at ambient conditions for 6.0 seconds

firing time. The thrust chamber was instrumented with thermocouples as

shown in Figure 2 in order to monitor skin and ablative temperatures dur-

ing the steady state test. The continuous firing steady state test was

conducted at a simulated.pressure altitude of 120,000 feet.

D

U

g

I!

B

.|

g

g
Test Results

Calibration Tests - The performance values obtained during calibration

testing were: Injector end C_ of 5550 ft/sec (91.52 theoretical shift-

ing) at a mixture "ratio of 1.59 and a chamber pressure of 125.0 psia

obtained with v/lye inlet pressures of 285 psia for oxidizer and 287

psia for fuel. I was 16 seconds above nominal.
sp
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Cape Cycle - Nodata was obtained from the cape cycle tests because the

one-second firing duration was not sufficient time for instrumentation to

stabilize.

Steady-State Continuous Firing Test - The performance parameters at the

start of the test were similar to the calibration tests. As the test

progressed, the chamber'pressure gradually decayed and the thrust gradu-

ally increased (Figure 5). At guaranteed life (270 seconds) thrust was

87 lbs (7 lbs above calibration), chamber pressure was 52 psia, and I
sp

was approximately 15 seconds above nominal. After 52_ seconds a sharp

decrease in thrust and chamber pressure occurred, indicating the start

of burnthrough of the ablative. The thrust and chamber pressure decrease

continued at a gradual rate until cut-off, indicating a steady increase

in the burned out area. The test was terminated after 558.6 seconds of

firing time making a total accumulated firing time of 575.6 seconds, in-

cluding calibration and cape cycle firing.

Temperature increased during the test as shown in Figure _. At guaranteed

life (270 seconds) the temperature of the TCA metal shell was 515_F. As

firing continued, the temperature exceeded 1000°F in the area of the

localized burnthrough, but this high temperature was not recorded by the

thermocouples, which were some distance from the burnthrough and there-

fore did not immediately reflect the high temperature due to the low

thermal conductivity of the stainless steel shell.

Post-test inspection of the thrust chamber revealed that there was a

burned through area located at the upstream edge of the throat insert

(Figure 5). The throat insert was completely eroded away as was the

combustion chamber sleeve and four liners adjacent to the throat insert.

1%-15058-2 27
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Examination of the sectioned TCA (Figure 6) shows that there was very

little uncharred ablative material remaining in the TCA body, and the 0 °

wr'apped ablative nozzle was delaminated in severaL places with some loss

of the glass fabric. The combustion chamber was severely eroded with no

trace of throat insert remaining. The erosion started half-way down the

combustion zone removing the four liners adjacent to the throat insert

as well as the 0 ° wrapped sleeve and 90 ° orientated ablative combustion

chamber body. The silica reinforcing material in the ablative body and

sleeve was melted and deposited in the nozzle of the TCA. The burn-

through was caused by hot gas leakage through a delimination in the

heavily eroded portion of chamber body.

ANALYSI S

This thrust chamber failed in the expected manner for steady state con-

tinuous firing of S/C 2 through 5 TCAts. The injector used with these

TCAIs has a high heat input to the walls of the combustion chamber and

throat insert. Continuous application of heat to the throat insert

exceeded the operating temperature of the silicon carbide after approxi-

mately 20 seconds of operation and gradually washed the insert away.

This combination of continuous high temperature and erosion by the com-

bustion gases also resulted in the deterioration and removal of the JTA

liners and combustion chamber sleeve and ablative material as shown in

Figure 6. After 322 seconds the chamber ablative material was worn so

thin that a delamination occurred in the 90 ° orientated plies and com-

bustion gases escaped through the delamination burning through the metal

shell of the TCA.
i
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CONCLUSIONS

Guaranteed life of the 85 lb S/C 2 through 5 TCA is 270 seconds, including

131 seconds of operation within specification'requirements and additional

123 sec. operation with no catastrophic failure. After firing the 85 lb

S/C 2 through 5 configuration TCA for i31 seconds the thrust was 82 lbs,

which was within specification limits. The TCA also fired to guaranteed

life without catastrophic failure and continued' for an additional 90

seconds before a burnthrough occurred. Therefore, it can be concluded

that this configuration TCA can be expected to perform satisfactorily

for continuous firing to guaranteed life.

R-15038-2 29
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S/C 2 TO 5 GEMINI 85-POUND TCA.
DIT UNIT NUMBERI

P/N 207510-41

S/N 4054517
TEST NUMBER :580

CELL 39 D, ZO MAY 1964

270 SECONDS
GUARANTEED LIFE

, | ,,

240

, SECONDS

,,±,, | ,

i

N

280 320 300

_'igure 5. Continuous Firing Test,

Gemini 85-Pound-Thrust
TCA
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APPENDIX B

CONTINUOUS TEST OF 100-POUND-THRUST

TCA TO CItAMBER FAILURE
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TITLE: CONTIh_0US TEST TO CHAMBER FAILURE DESIGN INFORMATION TEST

INTRODUCTION

A continuous steady state firing until.catastrophic failure of the thrust

chamber was conducted on 18 May 196_, with a 100 lb flightweight thrust

chamber, DIT Unit No. 1.. The test was conducted at CTL-III, Cell 59D,

at a simulated pressure altitude of 100,000 feet or greater and at local

ambient temperature.

Catastrophic failure is defined as a condition in which further operation

of the TCA would endanger %he S/C or crew. It includes (1) loss of the

capability to stop propellant flow; (2) flow or leakage of propellant or

combustion products at locations in the TCA other than the TCA exit; and

(5) TOA skin or mounting attachment temperature in excess of 600°F. All

times in this report are from the start of steady state unless otherwise

noted.

g SUMMARY

g

!g

g
.o
U

The 100 lb flightweight thrust chamber was subjected to three calibration

tests for a total of 9.6 seconds firing time, a cape cycle for an addi-

tional six seconds firing time, and a steady state continuous firing for

_5.8 seconds, making a total accumulated firing time of _59.4 seconds.

Catastrophic failure occurred after 588 seconds, when the injector surface

temperature reached 600°F. The teit was not terminated until a complete

burn through occurred at the injector end. The burn through started after

_25 seconds of firing time, but the test was continued for 5_ seconds

longer until test parameters clearly indicated failure.

R-15038-2 39
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DISCUSSION

Chamber Configuration

The test chamber was a standard Capsule II production assembly P/N 2075_0-41,

S/N _057751, as shown in Figure 7. This thrust chamber had been a

production unit until an imprgper installation of valve inlet tubes re-

sulted in the thrust chamber being converted to an engineering test unit.

Test Description

The thrust chamber was first calibrated to nominal thrust, mixture ratio,

and inlet pressures with a total of three tests for 9.6 seconds of firing

'time. Following the calibration tests, a series of six one-second cape

cycle tests were conducted at ambient conditions for 6.0 seconds firing

time. The thrust chamber was instrumented with thermocouples (locations

shown in Appendix A) in order to monitor skin and ablative temperature

during the steady state test. The steady state continuous firing test

was conducted at a simulated pressure altitude of 131,000 feet.

Test Results

Calibration Tests - The performance values obtained during calibration

testing were: Injector end C* of 5559 ft/sec (9.1.7% theoretical shifting)

at a mixture ratio of 1.61 and a chamber pressure of 155.2 psia obtained

with valve inlet pressures of 270 psia for oxidizer and 227 psia for fuel.
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No attempt was made to change the propellant valve inlet orifice size to

obtain design inlet pressures. This would have caused unnecessary delays

to this program in view of the fact that propellant supply pressures could

be adjusted to obtain nominal thrust and mixture ratio and the system dy-

namics have negligible effects on a steady state test. Vacuum I was
sp

16 seconds above nominal.

o

Cape Cycle - No data was obtained from the cape cycle tests because the

one-second firing duration was not sufficient time for instrumentation to

reach stable conditions.

Steady State Continuous Firin_ Test - The performance parameters at the

start of the test were similar to the calibration tests. As the test

progressed, thrust, chamber pressure, inlet pressures, and propellant

flows changed as shown in Figures 8 and 9. Temperature of the TCA in-

creased during the test as shown in Figure 10.

After 388 seconds of firing time the injector surface temperature reached

600°F, which is defined as catastrophic failure. The test was continued

until a burn through occurred at the injector end of the TCA. The burn

through started at 425 seconds, as evidenced by motion pictures of the

test and increased until the test was terminated at _3.8 seconds. Total

accumulated firing time was _59._ seconds, including calibration, cape

cycle, and steady state to failure.

Post-test inspection of the thrust chamber revealed that there were two

burned through areas located 180 ° apart at the injector end of the TCA

(Figures 11 and l3). One area was burned through the injector top surface

and injector mounting fingers while the other area burned through the

mounting fingers only. No other areas of the TCA shell displayed severe

heating.

R-t5038-2 21
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The throat area was severely eroded with no trace of the throat insert

remaining (Figure _2). The con_ustion zone liner and ablative sleeve

were severely eroded with the most severe erosion ih line with the injector

fuel inle£.

Examination of the sectioned TCA (Figure 1_) revealed that there was little

virgin ablative material remaining in the TCA body. The ablative material

in the region of the injector was badly charred, eroded, and delaminated

with no trace of the "0"-ring seal or the adhesive bond between ablative

and injector. The 0 ° wrapped ablative nozzle had some delaminations, and

the 90 ° ablative material of the combustion chamber had several delamina-

tions increasing in number adjacent to the injector.

The injector had suffered burned areas in the top surface and fingers as

well as burned out portions of the splash plate. These burned out areas

were in line with _he fuel and oxidizer orifice pairs except for two

adjacent pairs located 180 ° from %he injector fuel inlet (Figures 15 and

l?). The splash plate was eroded in line with these orifices but not

burned completely away as was the case with the other 1_ orifice locations.

ANALYSIS

A detailed analysis of the test data and thrust chamber assembly was made.

It included an analysis of performance and temperature parameters during

the firing period, a study of the TCA condition before and after the fir-

ing, and an investigation of the injector assembly geometry and flow

characteristics.

Analysis of the data shows that tim area of the throat decreased due to

normal material buildup in the throat for the first 55 seconds of the

steady state firing (see Figure 8). This is reflected in a lower thrust

_2 R-15058-2
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and propellant flow rate and a higher chamber pressure (up 12 psia) from

the starting pressure of 13_ psia.

The throat started eroding gradually from 75 seconds to 170 seconds at

which time part of the throat insert was expelled through the nozzle. The

chamber pressure had decayed to 105 psia while the thrust had increased

to 105 lbs from the initial thrust of 95.15 lbs. During the next 50 seconds

the throat insert again gradually eroded until at 318 seconds the remainder

of the throat insert and liner relieved. The temperagure of the TCA in-

jector surface during the first 318 seconds of the firing appeared normal,

but at this time it started to increase at a very rapid rate, Figure 10.

Also, at this time, the thrust chamber pressure and flowra_e of the pro-

pellantdropped which was not normal as flowrates usually increase when

the chamber pressure decreases. One possible explanation of this phenomenon

was that the propellant was being vaporized in the manifold of the abnorm-

ally hot injector. Injector surface temperature reached 600°F after 388

seconds of firing time. The increased temperature of the splash plate no

doubt initiated accelerated propellant combustion within the splash plate

area resulting in burning away portions of the splash plate in line with

the orifice pairs. Loss of the splash plate resulted in a changed injector

burning pattern which in turn eroded the injector end of the combustion

chamber and eventually burned through the TCA ablative, shell, and injector.

Excessive injector temperature such as was encountered during the steady

state continuous firing of this thrust chamber could result from hot gas

leaks in the vicinity of the injector or an improper injector burning

pattern.

g

g
.o
U

An investigation of the manufacturing quality control records of fabrica-

tion of the TCA did not reveal any abnormalities. There were no cracks

or separation between the injector and the thrust chamber ablative.

R.-.15038-2 "_3



ROCKET_¥_E

!

vu_ IUL|_ I t_L

A DIVISION OF NORTH AMERICAN AVIATION. INC

Asbestos and glass wrap were normal with no separations. Although it is

very difficult to determine from X-ray inspection if the "O"-ring seal

was in place, there was some indication of an "O"-ring. TCA proof pres-

sure tests did not reveal any leakage or structural weakness. Post-test

examination of the chamber pressure injector boss did uot reveal a_y sign

of a leak in that region.

A detailed analysis of the injector from this TCA was made in which the

injector was carefully removed from the TCA body and subjected ¢o water

flow. All orifices were found to be open with none plugged. Uater flow

through the fuel orifices (Figure 15) at design flowrate did not impinge

upon the splash plate except at the locations where the splash plate was

not burned away. Water flowing through the oxidizer orifices (Figure 15)

at design flowrate did impinge at the edge of the burned area of the

splash plate. When water was flowed through oxidizer and fuel orifices

simultaneously (Figure 15) at design flowrates there resulted a shower

type distribution rather than the normal half inch diameter collimated

stream. This divergence of propellant no doubt 6ontributed to erosion

and injector end char of the ablative body.

The amount of water flowing through each oxidizer and fuel orifice was

measured at total design flowrates. A plot of flowrate versus'orifice

location is presented in Figure 16. Mixture ratio for each pair of ori-

fices was calculated for each of the 16 pairs and is also shown on Figure

16. The highest mixture ratio was 2.50 and 2.17 found at the orifice

pair adjacent to the fuel inlet. This condition is normal for this type

injector.
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Following the water flow tests, the injector was sectioned (see splash

plate, Figure 17) and measurements were made of the orifice diameters

and impingement points. These measurements are presented in Figure ]8.
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The post-firing orifice sizes are slightly smaller than pre-fire measure-

meats due to material deposited in the orifices and distortion of tile

orifices because of excessive injector heat encountered at the time of

burn through. The propellant stream_ impingement points were found to

be out of tolerance also because of heat distortion of the injector. The

inspection test buttons made during the manufacture of this injector in-

dicated that the orifice drilling process was within specifications.

In order to be certain that orifice pair impingement points above the

splash plate would not burn out a splash plate, a workhourse injector

was fabricated with impingement points approximately 0.010 inch above

the splash plates. This injector was fired in a workhorse TCA at design

conditions for 450 seconds with no damage to the splash plate indicating

that even if the impingement points were not in accordance with the speci-

fication the TEA should not have failed by first burning out the splash

plate.

From the facts obtained from the precluding analysis it was hypothesized

that the sequence of TCA failure was probably as follows:

I. The throat insert eroded severely in the area of high mixture

ratio combustion gases.

2. Following the erosion, the throat insert cracked and was blown

from the nozzle.

5. The absence of a throat exposed the ablative body of the TCA to

combustion gases _lich started erosion of the ablative.

N

a
.o
U

At the same time the exposed edges of the combustion chamber

liner also were eroded away gradually, consuming all the liner

segments.

R-15038-2 _,5
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5. Coincident with the loss of segments the ablative in the combus-

tion chamber area washed out in the high mixture ratio area.

The weakened ablative delaminated at the injector end and the

hot gases began to leak around the injector, sharply increasing

the injector temperature.

7. Increased injector temperature increased propellant burning in-

side the splash plat9 which burned away the splash plate in line

with orifice pairs.

8. With the splash plate no longer functioning, the propellant spray

diverged and quickly burned through the injector.

CONCLIPSI ONS

No definite conclusions could be drawn regarding tile precise cause of the

TCA failure. Investigation of the injector did not provide evidence that

a defective injector propellant spray pattern initiated the erosion. How-

ever, the characteristic propellant distribution of this type of injector

produces a high mixture ratio zone which erodes the TCA throat and combus-

tion chamber during long duration tests. This erosion wasevident from

the beginning of this test and it was tile most important cause of TCA

deterioration.

Gemini S/C II through V 100 lb TCA's were not designed for steady state

continuous firing and this type of operation will result in severe erosion

and premature overheating and burn through of the thrust chamber.
i
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PREFIRE HOLE NO.

0.0225 I

0.0225 2

0.0225 3

0.0225 4

0,0225 5

W : POSTFIRE _
MISS IMPINGEMENT U

FiOLE NO. W

I AND 17 0.0175

' 9AND25 0.014

I I AND 27 "

it4AND 20 0.0135

12AND 28 0.0117

5 AND 21 0.0142

B13 AND 29 0.0162

6 AND 22 0.0123

!

|
I P/N 207543 I

• S/N 3079391

POSTFIRE

0.0206

0D206

0.0210

0.0209

0.0211

0.0225 6 0.0206

0.02 23 7 0.0206

0.0225 8 0.0206

0.0224 9 0.0208

0.0224 I0 0.0211

0.0225 II 0.0214

0.0224 12 0.0214

0.0223 13 0.0215

0.0225 14 0.02 I0

0.0224 15 0.0208

0,0225 16 0.0206

PREFIRE HOLE NO. POSTFIRE

0.0243 17 0.0235

0.0246 18 0.0234

0.0245 19 0.0254

0.0244 20 0.0230

0.0246 21 0.0230

0.0243 22 0.0234

0.0245 23 0.0233

0.0243 24 0.0233

0.0244 25 0.0233

().0243 26 0.02 34

0.0243 27 0.0236

0.024 5 28 0.023 I

0.0242 29 0.0231

0.0242 30 0.023 I

0.0242 31 0.0228

0.0242 32 0.0228

i

D

0
Figure 18. Orifice Characteristics
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APPEND U( C

100-POUND-THRUST TCA LON-TEbIPEP_TURE TEST
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TITLE: tg(T_LY LO_'_ TEMPERATURE DESIGN INF0tBtATION TF_ST

INTRODUCTION
A

A series of extremely low temperature design information tests was com-

pleted on 3 August 196_, at PFL, CTL-III, Cell 39K, on a 100 ib Capsule

II thrust chamber assembly. The TCA was subjected to a series of five (5)

steady state duration fiFings of fifteen (15) sdconds each after being

soaked to a temperature of minus 100 ±10°F. The chamber was tested under

conditions of local ambient pressure and was allowed to return to ambient

temperature between tests before the cold soak was applied. Propellant

valve temperatures were maintained at +32°F or higher. The test Objective

was to determine the effect on start characteristics, performance, and

life of the thrust chamber by operation after extended periods of cold

soak.
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SUMMARY

Five extremely low temperature design information tests were conducted

under steady state durations of fifteen (15) seconds each. The chamber

was first steady state calibrated to nominal thrust and mixture ratio.

Engine performance for these tests was C* = 5_50 ft/sec, with a shifting

theoretical efficiency of 93_ at a 1.6 mixture ratio. Because of the

throat erosion during the cold tests and propellant temperature increases,

the engine performance increased by two percent by the end of the testing.

The erosion of the throat insert was in the area between two existing

intersecting cracks. The response characteristics, as monitored by

facility instrumentation, were identical for both the cold tests and

calibration tests. No ill effects to engine performance or life can be

attributed directly to the low temperature soak.

R-15038-2
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DISCUSSION

The t_st cha,_er was a Capsule II 100 lb flightweight, thrust chamber P/N

207540-41, S/S_O577a9. The chamber was designatedfor use as test only

because of two longitudinal cracks in the throat insert and two cracks in

the second liner segment. Calibration of the TCA was accomplished at

Reno and verified at PFL, at a mixture ratio of 1.6, prior to the start

of the low temperature tests.

To cool the TCA to the required temperature, a coil of quarter inch copper

tubing was wound around the TCA shell and LN 2 was flowed through the tubing

until the temperature on the inside diameter of the throat insert stabilized

at minus 100 ±IO°F. A belt type heater blanket was wrapped around the

propellant valves to maintain them at a temperature of plus 32°F or greater.

All testing was accomplished a% CTL-III, Cell 59F, under conditions of

local ambient pressure. Five steady state tests of fifteen (15) seconds

duration were conducted. At the conclusion of eachtest, the thrust

chamber was'allowed %o return to ambient temperature and inspected before

the cold soak was again applied. Overall engine performance was unaffected

as a result of the cold mode tests. Increases in propellant temperatures,

up to _O°F, during the individual tests caused the flowra%es to decrease.

This change in flowrate is attributed to changes in propellant densities,

as much as 1.5 ib/f% 5, which was brought about by the exhaust gases re-

circulating up past the thrust chamber causing an increase in propellant

temperature. Thrust Chamber performance, therefore, had a tendency to

increase during the _est runs. Analysis of the oscillographs showed some

blockage of the throat for 150 and 200 milliseconds at the start of the

two of the cold soak tests. This can be attributed to material buildup

or scale blocking the throat. Chamber pressure then returned to normal.
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On the last two tests, throat erosion was evident and a decrease in

chamber pressure resulted. The erosion was in the area between the two

intersecting cracks in the diverging portion of the throat insert. All

start and shutdown valve responses were identical for both the calibration

tests and the cold tests.

Post-test inspection revealed no additional damage to the liner segments,

but another longigudinai throat crack was present. Also a horizontal

throat crack just forward of the minor diameter. Erosion of the throat

was clearly visable in this area. X-rays revealed no damage to the abla-

tive chamber. Total engine burn time was 92.5 seconds.

| CONCLUSIONS

g

g

|
go

The results of cold mode testing shows no major effects on thrust chamber

performance or start characteristics. TCA performance increases are

attributed to poor evacuation of the hot exhaust gases around the test

cell, which caused increases in propellant temperatures. This problem

has been remedied to prevent re-occurrance. The erosion sustained by

the throat insert is attributed to the condition of _he insert prior to

testing. The erosion was in the area between two existing intersection

cracks in the diverging section of the insert. No additional damage was

sustained by the liner segments, and the ablative chamber was in excellent

condition. Analysis reveals no evidence that cold mode testing has any

ill effect on TCA performance or life.
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TITLE: OFF MIXTUP.E RATIO, DESIGN INFORMATION TEST

Enclosures: (I) Figure 19, I00 Ib TCA Cross Section Diagram

(2) Figure 20, Temperature vs Time

(5) Figure 21, Characteristic Velocity vs Mixture. Batio

(_) Figure 22, Specific Impulse vs Mixture Ratio

(5) Figure 25, Thrust Coefficient vs Mixture Ratio

(6) Figure'24, Post-Firing TCA Photograph

INTRODUCTION:

On 25 and 2_ July 196_, a Spacecraft II thrust chamber was subjected %o

a series of twelve steady state tests of 5.2 seconds duration each and

an Aft Firing mission duty cycle test to guaranteed life conducted off-

design mixture ratio at simulated pressure altitude above 100,000 feet.

The test objective was to determine the effects of off-design mixture

ratio operation of TCA performance and life. This constituted shifting

the propellant mixture ratio ten and fifty percent above and below design

nominal.

The thrust chamber selected for this test program had two longitudinal

hairline cracks in the throat insert.

SUMMARY

The twelve performance evaluation tests which constituted shifting the

propellant mixture ratio ten and fifty percent above and below design

nominal, were successfully completed.
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Post-test inspection showed no visible change inthe throat insert on

completion of the above test series.

o

The off-mixture ratio (MR = 2._) Aft Firing mission duty cycle test did

not meet guaranteed life. The thrust chamber exterior shell temperature

exceeded the SCD requirement of 600°F, which is defined as catastrophic

failure. The maximum temperature of the TCA was at the throat area and

registered 750°F at cutoff. Ifi addition to the excessive TCA exterior

shell temperature, there was a decay in chamber pressure and thrust. Post-

test inspection showed the segmented liners, zero degree wrap sleeve,

throat insert, and adjacent 90 ° ablative in the combustion chamber were

eroded away.

Total accumulated burn time was _22.5 seconds, which included twelve 5.2

second off-mixture ratio performance tests.

C

|

g

a

Upon sectioning the TCA, the ablative was found to be completely charred,

but not severly delaminated.

DISCUSSION

Chamber Configuration

The thrust chamber used for this test was an S/C 2 100 lb flightweight

TCA P/N 2075_0-_1, S/N _053226. It employed a seven (7) segmented JTA

refractory liner, 90 ° chamber segment, zero degree wrap sleeve, a solid

SiC throat insert, and a zero degree wrap exit nozzle, as shown in Figure

19. In addition, seven (7) Iron-Constantan thermocouples were installed

on the thrust chamber at selected radial and axial chamber stations as

indicated on diagram of the temperature profile (reference Figure 20).
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This TCA was selected for DIT because of two longitudinal hairline cracks

in £he throat insert.

Test Description

The thrust chamber assembly _as installed in Cell 59E, at CTL-III, and

mounted in a vertical fiFing down position. A heat shield was installed

on the thrust chamber scarfed nozzle, in order %o more closely simulate

actual capsule conditions.

Test efforts were directed to the following objectives:

lo To evaluate TCA performance (thrust, C*, Cf, and Isp ) as a

function of shifting the propellant mixture ratio to ten and

fifty percent above and below design nominal.

| 2. To determine off design mixture ratio TCA life capabilities

with 0CM-218 MDC at MR = 2._.
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Test Results

lo

.

The evaluation of TCA performance (thrust, C_, Cf, and Isp as

a function at a varied mixture ratio) was successfully accomplished.

Post-test inspection showed no visible change in the TCA condition.

Thrust chamber guaranteed life with 0CM-218 MDC firing at off-

design mixture ratio was completed. However, it is considered

a failure due to thrust chamber exterior shell temperature ex-

ceeding SCD requirements of 600°F between the 5th and 6th pulse

of the MDC. All 0C}_218 _C test temperatures recorded and their

locations are graphically PlOtted and identified in Figure 20.
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In addition to the excessive TCA exterior shell temperature,

there was a decay in chamber pressure and thrust, due to severe

erosion in the combustion zone and total throat erosion. This

decay started after.approximately 10 seconds of the 15 second

separation pulse and continued gradually throughout the MDC.

TEST ANALYSIS

Performance

The data derived during the twelve 3.2 second duration test series, which

constituted shifting the propellant mixture ratio ten and fifty percent

above and below design nominal is graphically plotted (Figures 21 - 25) and

show the thrust chamber characteristics at these different levels.

These test data demonstrate that the i00 Ib S/C 2 thrust chamber was per-

forming as follows during the MDC: 92.6_ of shiftfng theoretical C_, with

an average' vacuum thrust of 89.6 ibs at 2.4 off-design mixture ratio. The

vacuum Isp and Cf was 297.6 seconds and 1.8299, respectively;

Post-Test Hardware Condition and Analysis

Post-test inspection of the thrust chamber revealed that there was no burn

through.

After sectioning the thrust chamber along the longitudinal axis into two

halves (Figure 2_),inspection revealed the throat insert was completely

eroded away, as was the combustion chamber sleeve and segmented liners,

causing the inner wall of the combustion zone to be exposed to extremely

70 R-15058-2
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hot gases, thus causing high exterior shell temperatures. Some of the

silica reinforcing material in the ablative bodyand sleeve was melted

and deposited in the nozzle of the TCA. ..

Sectioning of the I00 ib S/C 2 thrust chamber substantiated that failure

of temperature was caused by nearly total depletion of the pyrolizing

ablative material in the combustion zone.

The sectioned thrust chamber was found completely charred as indicated by

the white dotted line in Figure 2_. The charred material on the other

hand, is extremely strong and not severely delaminated.
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After approximately i0 seconds of operation into the separation pulse of

the off-mixture ratio 0CM-218 MDC, gradual erosion began and pressure de-

crease continued at a gradual rate until cutoff, indicating a steady

increase in.burnout of the throat insert and combustion zone area. As

firing continued, the temperature exceeded 600°F on the TCA exterior

shell. This thrust chamber failed in the expected manner for off-design

mixture ratio operation.

Total accumulated burn time was 422.5 seconds, which included twelve 5.2

second off-mixture ratio performance tests•

CONCLUSIONS

The 0CM-218 MDC guaranteed life firing at 2.4 off-design mixture ratio

served to verify that operational capability at this level is possible,

but not recommended with existing TCA configuration. Under these condi-

tions, the TCA will not meet SCD requirements because of temperature re-

quirements and loss in thrust and specific impulse.
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PROPELLANT VALVE

CHAMBER PRESSURE
BOSS

VALVE CABLE MOUNT

JECTOR

90-DEGREE
CHAMBER SEGMEr

O-DEGREE
SLEEVE

ASBESTOS TAPE

LESS-STEEL SHELL

ITE_D J TA.LINER

FABRIC AND

FILAMENT COMPOSIT

SILICON CARBIDE
THROAT INSERT

O-DEGREE
ABLATIVE NOZZLE

\

TCA MOUNTING TAI

MOUNTING

FLANGE

Figure 19. Gemini 100-Po_md-Thrus_ TCA, Cross-Sec_iona] Diagram
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GLASS SURFACE

J

INJECTOR SURFACE TEMP

-- OXIDIZER AND FUEL PRO-

PELLANT VALVE SEAT

TEMPERATURE

|

9 _EC

TIME

R

u) o) ul u) _¢/_ u';
¢J)

ii.i _ImIm II

227 SEC 479 SEC .... _ '

END MDC AND

SOLID STATE

GUARANTEED LIFE

20-MINUTE "
I--.--$OAK-._.--a_

PERIOD

Figure 20. Temperature vs Time, Gemini
100-Pound-Thrust TCA
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TITLE: STUCK VALVE DESIGN INFORMATION TEST

I INTRODUCTION

lid

I

i

i

b

A series of stuck valve tests was performed with a Gemini i00 pound flight-

weight thrust chamber to determine propellant flow oscillations, chamber

pressure oscillations, and the effects on the thrust chamber life. The

test consisted of a series of cycles where the oxidizer valve was "open"

+0 +0

for 2.5_5 seconds and "closed" for 5.5_5 seconds while the fuel valve was

held in the full open position. The test procedure was then reversed

with the fuel valve cycled while the oxidizer valve remained "open."

Testing was accomplished under condition of local ambient temperature

and pressure with the thrust chamber in a 17 degree from the horizontal

nozzle up position.

SUMMARY

The stuck valve design information testwas completed successfully with

no oscillations in chamber pressure or propellant fl'ow during the test.

The actual engine hurntime (both valves open simultaneously) was 65.6

seconds with normal engine performance throughout the cycling of the

valves. The posttest inspection showed the thrust chamber assembly to

he in excellent condition. X-rays taken of the chamber revealed several

delaminations of the ablative body.

|

H
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W

DISCUSSION

The test chamber was a Capsule II I00 pound flightweight thrust chamber

P/N 2075_0-ai, S/N 4055551, used for "test only" because of a cracked

R-15058-2 81
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liner segment. Testing was conducted on July 8 1964, at CTL llI, Cell

28D, at local ambient conditions, and with the thrust chamber in a 17

degree from the horizontal nozzle'up position. Two. calibration tests at

a 1.6 mixture ratio preceeded the stuck valve tests to verify engine

performance (Table 1). Sixteen (16) oxidizer valve pulses were conducted

on the TCA with the fuel valve held in the full open position. Fuel flow

was 0.1257 lb./sec, during the time that the oxidizer valve was open and

increased to 0.1685 when the oxidizer valve was closed. Fuel expended
+2

was to be 9 -0 lbs. requiring a total "open" time for the fuel valve of

67 +5 seconds. The tests actually, exceeded the requirements as the total

fuel expended was 11.8 lbs and the total "open" time for the fuel valve

was 79.25 seconds. The pulsing of the valves was done manually and the

additional time of test was due to human error. The data is tabulated

for test (11_9) in Table 1 and graphically represented in Figure 25. The

engine was then inspected and found to be in excellent condition with no

change in the size of the crack in the liner segment. Test Number 1150

was the second portion of the stuck valve test and was run after a cool-

down period of one hour. The fuel valve was cycled twelve (12) times

while the oxidizer valve _'as held in the full "open" position. Oxidizer

flow was 0.2052 lb./sec, while the fuel valve was open and increased to

+2 lbs. of
0.2583-when the fuel valce was closed. The test required 12 -0

oxidizer to be expended and was run for 58.37 seconds deplting 13._ lbs.

of NTO. All data is tabulated in Table 1 and graphically represented in

Figure 26. The increases in flowrates, during the time when one valve was

open and the other closed, were due to the differential pressure drop

caused by the absence of chamber pressure.
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The performance of the thrust chamber was satisfactory in all respects.

Valve response times were consistant and only normal oscillations of

chamhor _r,_,,rp ann nv,n_]]nnt flow were encountered during the tests.
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C* efficiency (Figure 27)was two percent higher for tile stuck valve tests

than for the calibration tests. This was attributed to the amount of pro-

pellant puddling in the combustion chamber between pulses as a result of

the nozzle up positio.n. Total accumulated burntime (actual firing time)

was 65.6 seconds.

POST-TEST CONDITION

No added damage was apparent to the TCA liner segments at the completion

of the tests. The throat insert and the explosion proof injector were

found to be in excellent condition. X-rays show several deliminations

of the 90 degree ablative body (Figure 2_ from the third liner segment

to the trailing edge of the throat insert. A portion of the ablative, "

0.1_0 inches wide, downstream of the throat insert at the bond lines,

is missing, but is a normal occurance for this type of thrust chamber.

CONCLUSIONS

The results of the Stuck Valves tests show that valve oscillations or lag

at the start or shut-down of firing by either valve will not cause mal-

functions of the thrust chamber. Performance will be such that the engine

will perform within specification as to efficiency and life. Structural

integrity of the ablative is such that the TCA will continue to perform

within specification life even though it contains many delaminations.

R-15038-2 83
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TABLE 1

PERFORMANCE DATA

Test
No.

1147
1148

11_9

1150

P
e

psia

137._
136.4

139.4

139.8

W
O

lb/sec

0.2076

0.2032
0.2052

Wf

lb/see

0.1266

O. 1276

O. 1257

_/f

1.64

1,592
1. 632

C*

.ft/see

5234
5243
5363

89.2

89.5
91.6

Fuel Valve Open Oxidizer Valve Pulsed

0.2052 0.1273 1. 612 5353 91.4

i I
0xidizelr Valve 4pen Fuel Valve Pulsed

Duration,
SEE."

3.2
3.2

79.25

58.37
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TITLE: HIGH TEMPERATURE TEST - DESIGN INFORYIATION TEST

Reference: (a) SEM _390-_017, "Gemini 100 lb .Injector Fuel Manifold Dis-

tribution Problem", dated 19 May 196_.

o

INTRODUCTION

On 1_ August 196_, a lO0"]b S/C 2 TCA was tested to determine the effects

of high environmental and propellant temperature on thrust chamber assem-

bly, valve performance, and operation.

Three (3) steady state firing and a series of ten (10) one-half second

pulses were conducted in Cell 39K, CTL-III, SSFL, at simulated pressure

altitudes above 100,000 feet. The thrust chamber was subjected to an

environmental soak temperature of +200°F. The propellants used for this

test series were heated and maintained at +165°F. The thrust chamber had

previously completed the stuck valve design information test, which re-

sulted in 62.6 seconds of burn time.

SUMMARY

A Gemini S/C 2 100 lb 0AMS thrust chamber assembly was tested after it

was subjected to an environmental test temperature of +200°F. During the

test the propellant temperatures were maintained between +165 to +175°F.

The thrust chamber was calibrated to nominal chamber pressure and mixture

ratio.

Both steady state and pulse tests under environmental soak conditions and

high propellant temperatures were successfully completed. Overall thrust

chamber performance was unaffected as a result of environmental soak and

high propellant temperatures. The response characteristics of the propel-

tb-15038-2 91
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Post-test analysis inspection showed six of the seven liner segments in

the combustion zone were missing and one small eroded place in the inside

diameter of the injector splash plate occurred during the test series.

Pre-test cracks in the throat did not change as the result of the test.

Total accumulated burn time for this TCA was.147.0 seconds, including

the previous test series. !

DISCUSSION

Chamber ConfiKuration

Gemini S/C 2 100 lb flightweight TCA P/N 2075_0-41, S/N 4055551. The

thrust chamber employed a seven (7) segmented JTA refractory liner, 90 °

chamber segment, zero degree wrap sleeve, a solid SiC throat insert, and

a zero degree wrap exit nozzle, as shown in the enclosed Figure 29. In

addition, four Iron-Constantan thermocouples were installed on the thrust

chamber %o measure oxidizer and fuel propellant valve seat temperature,

injector surface temperature, and glass wrap surface temperature (throat

area).

The general hardware condition after the previously tested stuck valve

DIT was good. There were two radial throat cracks and one longitudinal

crack in the second liner segment adjacent %o the P hole. X-ray analysis
c

showed numerous delaminations of the 90 ° ablative material but based on

the extent of the delaminations the chamber did not appear %o be damaged.

The basic structural condition of the TCA' was quite good, with theexcep-

tion noted above.

92 1%-15058-2
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Test Description and Performance

The thrust chamber assembly was mounted in the standard nozzle down posi-

tion in the test stand. A heater blanket was then wrapped around the

thrust chamber excluding the valves, in order to obtain the environmental

+200°F soak temperature. In addition, the thrust mount temperature was

recorded and the thermoc0uple was attached in the vicinity of the TCA

valves.

The propellants were heated by a "hot water jacketed" accumulated and

feed system. The TCA environmental soak temperature was stabilized at

+200°F and the propellant temperature was controlled to +lT0°F prior to

firing the first steady state test. All test temperatures were recorded

and their locations are graphically plotted and indicated in Figure 30.

The testing sequence was conducted as follows:

a. Fire steady state for a duration of thirty (30) seconds.

b. Allow the TCA to soak until the oxidizer valve seat temperature

peaks, then fire steady state for a duration of twenty (20)

seconds.

c. Repeat steps in b. once.

d. Allow the TCA to soak until the oxidizer valve seat temperature

peaks, then conduct a series of ten (10) tests of 0.5 second

duration "on time v separated by 10 seconds "off time" between

eachfiring.

Both steady state and pulse tests under environmental soak conditions and

high propellant temperatures were successfully completed.
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Performance data from the calibration test are as follows: Mixture ratio =

1.61, C* = 5416 ft/sec (92.5% of shifting theoretical), and Cf = 1.7643

(98.8% of shifting theoretical). The resultant I was ll seconds above
• sp

nominal, compared with other Gemini 100 lb thrust chhmbers t _ performance.
sp

Post-Test tlardware Condition and Analysis

o"

A cursory visual thrust chamber inspection was made immediately after the

hot temperature test. One additional longitudinal crack and a new circum-

ferential crack occurred in the throat insert during this test series,

with heavy deposits of the segmented liner oxide just downstream of throat

area. Six plus part of the seventh segmented JTA liner were eroded from

inside the combustion zone. The erosion in one longitudinal area extended

through the zero degree wrap sleeve in line with the fuel inlet port of

the injector. • This longitudinal erosion is typical of this thrust chamber

configuration, however, in this particular test the injector splash plate

started to erode in this local area.

i

E

E

t

I

.!

|

E
Pre and post test measurements of the throat diameter indicated that no

dimensional change had occurred.

Analysis of the oscillograph records showed no propellant valve mismatch.

The inlet pressure deflections and response characteristics were normal

in all respects. The results of pulse testing, again indicated no abnormal

transient characteristic. The condition of the thrust chamber combustion

zone and injector splash plate, in conjunction with the accumulated burn

time for this test series and previous test series conducted, indicate

that thrust chamber life condition would not have resulted with nominal

propellant temperatures.
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Analysis of what caused the injector splash plate to erode in tile local

area, between orifice No. 1 and No. 16 shows it is necessary to know the

fuel manifold distribution characteristic of the injector (SEM _590-h017).

The injector splash plate erosion is theorized to be a function of the

hightemperature propellants. The oxidizer and fuel propellant tempera-

tures during thrust chamber operation averaged +170°F, where the injector

surface temperature during TCA operation varied from 185 ° to 6_5°F.

Under these temperature conditions, it is theorized that the magnitude

of velocity of the fuel flow through orifice No. 1 and No. 16 was low

enough to vaporize. Thus, permitting no coolant on the injector splash

plate, in turn developed a hot spot, causing erosion.

I

I

g

The time-temperature plot showed the maximum injector surface temperature

to be 6_5°F just prior to %he pulsing mode of TCA opera_ion. This tempera-

ture was acquired duringa ten (10) minute soak period. It took this

duration for the oxidizer valve seat temperature to peak to 2iO°F.

In the combustion chamber (Figure 31) in the area in line with the fuel

valve inlet at the injector splash plate between orifice pair No. 1 and

No. 16, it is known that the mixture ratio is greater there than the rest

of the local injector area. Analysis of this combustion zone erosion shows

that during thrust chamber operation, the temperature is of sufficient

magnitude in this area that the segmented liner composition begins go

melt and form a viscous layer of molten material, which is readily eroded

out and is deposited just downstream of the throat area where the tempera-

ture region is lower as indicated in Figure 51.

g

g
P
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C ONCLUSI ON

Ito_ temperature testing, as conducted, had no significant effects on

thrust chamber performance or start characteristics. Valve performance

and operation were normal in allrespects ¢o other Gemini 100 lb thrust

chamber not exposed to the environmental soak and high temperature

propellants.

The burned injector splash plate should be attributed ¢o the hot tempera-

ture propellants.

Erosion in the combustion zone in line with the fuel valve is a typical

failure mode with this injector configuration. However, the burned

injector splash plate was a contributory factor.

96 R-15038-2
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PROPELLANT VALVE

CHAMBER PRESSURE
BOSS

90-DEGREE
CHAMBER SEGMEN

O- DEGREE
SLEEVE

ASBESTOS TAPE

O-DEGREE
ABLATIVE NOZZLE

VALVE CABLE MOUNT

)R

STAINLESS-STEEL SHELL

SEGMENTED JTA .LINER

GLAS$ FABRIC AND

FILAMENT COMPOSIT

- SILICON CARBIDE
THROAT INSERT

TCA MOUNTING

MOUNTING

FLANGE

_igure 29. Gemini 100-Pound-Thrus% TCA, Cross-S¢c%ional Diagram
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TITLE: PLUGGED INJECTOR DESIGN INFOHMATION TEST

INTRODUCTION

A 100 lb flightweight thrust chamber assembIy of the S/C 2 - 5 design was

hot-fire tested with four of the oxidizer orifices and four of the fuel

orifices welded closed..The orifices that were plugged were picked at

random with the only requirement being that they not be impinging holes

(oxidizer and fuel matched pairs). Previous to the plugging of the ori-

fices, a series of 3.2 second calibration tests was conducted %0 establish

engine performance and to determine required inlet pressures. After %he

orifices were plugged, another series of 3.2 second tests was conducted

at the same inlet pressures followed by an Aft Firing mission duty cycle

(0CM-208) plus steady state test. The objective of the test was to de-

%ermine the effects of plugged orifices on TCA performance and life.

SUMMARY

The aft firing mission duty cycle plus steady state test, on the 100 lb

flightweigh% TCA with a plugged injector, was terminated after _7.16

seconds of the planned 95.5 second steady state portion at the end of

the %est. Termination was due to a burnthrough of the ablative chamber

and metal shell at the throat station in line with the plugged orifices.

The burnthrough overlapped the area of both %he plugged oxidizer holes

and the area of the plugged fuel h_les. The burnthrough was actually

a burst through as the temperature had only reached 600°F on the metal

shell when %he failure suddenly occurred. Total firing time of the cham-

ber at termination was 370.86 seconds. Post-test inspection after sec-

tioning showed a large portion of the ablative combustion chamber wall

burned away as were the last liner segment and part of anDther. About

half of the throat insert had been "washed" away and a large amount of
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silica buildup was evident in the throat. Analysis shows the burnthrough

to be a direct cause of the extreme amount of oxidizer present in the

area of burnthrough.

DISCUSSION

The thrust chamber used for the plugged injector DIT test was a Capsule

2 - 5 100 lb flightweight TCA, P/N2075_0-_l, S/N _056006. Prior to the

orifice plugging, a series of 3.2 second calibration tests was conducted

on 7 August 196_, at SSFL, CTL-III_ Cell 39E. These tests, over a mix-

ture ratio band of 1.5_ to 1.69, were accomplished to establish engine

performance and inlet pressures. The TCA was then reworked to plug four

oxidizer and four fuel orifices. The orifices plugged were four oxidizers

in succession and four fuels in succession, but none were matching pairs

(Figure 52). The situation simulated by this type of plugging is consid-

ered to be the worst possible. An area of fuel rich (oxidizer orifices

plugged) and an area of oxidizer rich (fuel orifices plugged) are directly

adjacent to each other. The TCA because of the rework was reidentified

as P/N X-E.0.R 916_65, S/N_056006.

©U

D

0

U

g

|

|

og

D
The plugged injector DIT testing was conducted at SSFL, CTL-III, Cell

59K, on 25 August 196_. First a series of 5.2 second calibration tests,

at the same inlet pressures as the tests before plugging of the orifices,

was accomplished %o determine the difference in engine performance.

Following these tests was an 0CM-208 aft firing mission duty cycle and

steady state test to determine the life capabilities for a TCA.with a

plugged injector. The test was performed at a mixture ratio of 1.69.

Performance of the TCA prior to the orifice plugging was established at

C* = 5221 ft/sec, 89.2_ of shifting theoretical, mixture ratio of 1.61,

and an I eight seconds above the nominal (test 290, Table 2). After
sp
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plugging the orifices, test 050 (Table 2) at the same inlet pressures

as test 290, showed engine performance to be C_ = _89 ft/sec, 76.7_ of

shifting theoretical, a mixture ratio of 1.70, and an Isp 53 seconds

below the nominal. The plugging of the orifices decreased the engine

performance by 12.5_, I by 14_, and increased overall mixture ratio
sp

by 5.6_ (Figure 55). Propel]ant flow increases were evident during the

plugged injector tests i(Figure 5_). All pressure transients and valve

responses were identical for the calibration tests prior to and follow-

ing the orifice plugging.

The test was terminated after 47.16 seconds of the planned 95.5 second

steady state test because of a sudden rise in temperature of tile glass

wrap and metal shell (Figure 35). Total burn time on the TCA was 370.86

seconds. The criteria of the test was to terminate on temperature rather

than upon loss of P or thrust. Because of the extremely exaggerated
C

plugged condition of the injector, the TCA was expected to suffer a

catastrophic failure such as a burnthrough of the ablative. P and thrustC

measurements were very erratic during the Steady state test, indicating

an'alternating buildup of material in the throat and then the washing

away of the burned up ablative. A complete burnthrough of the TCA did

occur after _7.16 seconds of the steady state test.

Post-test x-rays and sectioning of the TCA showed the chamber to be

completely burned out in the area of the throat station and almost

evenly spaced between the oxidizer rich and fuel rich areas. The total

burnthrough encompassed approximately 80 degrees radially and was lo-

cated from approximately 5:00 to 6:00, using P location as a 12:00
C

reference (Figure 52). The last liner and a large portion of the throat

insert was washed out through the nozzle. The combustion zone was in-

creased substantially and the ablative material was also expelled through

R-15038-2 lOS
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the nozzle. A large amount of materiai buildup is evident in the throat

section (Figure 36). Also noticeable are several heavy grooves in the

liners near the head end of the combustion chamber in line with the

pl_gged fuel orifices. These grooves were. caused b'y the heavy concentra-

tion of oxidizer.

A post-test study of the injector flow pattern was accomplished at the

medium water flow laboratory. Photos taken show a large concentration

(globules) of oxidizer being directed toward the area of burnthrough.

The fuel pattern is also off-center and photos of the combined oxidizer

and fuel flow show the flow pattern to be heavily concentrated in the

area of the burnthrough (Figurea 37 and 38).

The increase in oxidizer flow evident during these tests was iocated in

one area where little or no fuel was available. The head end liners in

this area were grooved from this concentration of flow and are directly

upstream of the large burnthrough. The burnout area actually overlapped

from the fuel starved (oxidizer rich) area to the oxidizer starved (fuel

rich) area. The combustion zone was increased continuously as the

ablative material was burned and expelled through the throat. The com-

bustion and burnout of the ablative continued until the outside wall of

the ablative was weak enough to burst. This fact is evident from the

temperature recorded on the metal shell directly at the point of burnout.

The temperature (Figure 55) was steadily rising to 600°F and then suddenly

pegged at IO00°F. Also the condition of the metal shell showed this to

be a sudden burst rather than a gradual burnthrough.
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CONCLUSIONS

The completion of tim 100 lb plug_ged injector DIT confirmed all suspicious

as to effects on TCA performance and life. A severely plugged injector

will definitely decrease the performance of the TCA by a large amount

and will decrease life. Degradation of performance can be correlated

with the number of orifices plugged; the more orifices plugged, the

lower the performance. Life, however, is not solely dependent upon the

number of orifices plugged but also on the dispersion. The severity of

the plugged orifices is also a factor to be considered as %o life of

the TCA. Partially plugged or intermittantly plugged (due to chips in

the manifold) orifices should not affect life any great amount but com-

pletely plugged orifices, as in this case, will. A few completely plug-

ged orifices is more detrimental to life than several partially plugged

orifices. From the analysis of the above test, failure can be attributed

to the plugged orifices which allowed the TCA to have a high concentra-

tion of both oxidizer and fuel washing the walls.
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TABLE 2

PLUGGED INJECTOR DIT NO. 4

100 lb TCA P/N X-E.0.R 916465, S/N 4056006

oB

Prior to Orifice Plugging

Cell 59E 7 August 1964

Test Pc,

No_psia

289 155.4

29O 148.0

291 148.4

292 146.0

295 149.2

o_s1133o
049 I154.2

050 I152.0

051 I151.0

052 [152.0

M/R9

o_/[_
1.6l

1.6l

1.69

i.34

1.49

• C*,

5198

5221

5219

5077

5162

LL
88.9

89.2

89.1

87.9

88.5

PI0,

266.5

288.5

294

269

284.5

PIF,

252.5

274.5

267.5

309.5

295.0

Orifices Plugged
Cell 59K 25 August 1964

1.65

1.54

1.74

1.70

1.47

1.77

1.69

4504

_75

4984

_89

_446

4510

_612

77.0

76.6

76.7

76.7

76.4

77.2

78.8

279.4

280.4

500.4

288.4

269.4

293.1

285.4

276

301

280

275.5

308.5

266.5

273.5
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INJECTOR NOT PLUGGED

,_._ INJECTOR PLUGGED

"Gemini 100-Pound-Thrust TCA,

P/NXEOR 916_63 S_N _o56oo6,
Plugged Injector BIT _o.

• Jl

2 4 6

NITROGEN TETROXIDE FLOWRATE,

LB/SEC

8 I0 2 4

MMH FLOWRATE,
LB/SEC

• Figure 3/_. Thrust Chamber _ P vs Flows
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Oxidizer only Fuel only

r ,

Oxidizer and fuel

_£gure 37. Injector Flow Pattern (With Splashplate)
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Oxidizer only

J

Fuel only

:_-'/ (

:,,:!i),i_i̧

Oxidizer and Fuel

Figure 58. Injec%or Flow Pa%%ern (Wi%h Splashpla%e)
Ro%a_ed 90 Percen%
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TITLE,: LOW SUPPLY PRESSURE DESIGN INFOPuMATION TEST

INTRODUCTION

The low inlet supply pressure design information test was. completed on

June 5, 1964 at SSFL, CTL Ill, Cell 590, with a i00 lb. flightweight

thrust chamber of the Capsule II design. The test consisted of at least

five tests at inlet supply pressures of 75, 50, and 25 percent of nominal.

The tests were conducted under conditions of local ambient temperature

and pressure and had a duration of five seconds each. The test objective

was to determine the effects of the low propellant inlet supply pressure

on the thrust chamber operation, including C W performance, mixture ratio

changes, and thrust chamber life.

SUMMARY

The low inlet supply pressure design information tests show that engine

performance was good for the calibration and the 75 and 50 percent tests

a% a mixture ratio of 1.6. A sharp decrease in performance (and mixture

ratio) is evident at 25 percent of the inlet pressure. The first three

liners at the injector end of the chamber were lost at the completion

of the 25 percent Zests. This has been attributed to the looseness of

these liners which was evident prior to the start of testing. X-rays

revealed no damage to the ablative portion of the thrust chamber. Total

accumulated burntime on the thrust chamber is 201.6 seconds.
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DISCUSSION

,Chamber Configuration

The TCA used for the low supply pressure DIT was a 100 lbl flightweight

thrust chamber P/N 2075_0-_1, S/N _053753 of the Capsule II design. The

chamber was converted for use as test only because of two longitudinal

cracks in the throat insert and a crack in the liner segment at the Pc

hole. The liners at the injector end of the chamber including the cracked

liner, were found to be loose during the calibration tests which preceeded

the low supply pressure testing.

TEST DESCRIPTION

Fifteen low supply pressure tests were run. These tests consisted of

five steady state tests of five seconds duration, at inlet pressures of

75, 50, and 25 percent of the design nominal inlet supply pressure. The

design nominal inlet pressures at 100 percent are 269.2 psig for the oxi-

dizer, and 272.2 psig for the fuel. High response transducers (Data

Sensors) were used to record chamber pressure, and were calibrated prior

to and immediately following each days testing or whenever suspicious

data was obtained. Due to the low flowrates of propellant, 25 lb. Cox

(6-0 type) flowmeters were substituted for the 100 lb. Cox (6-3 type)

flowmeters for the 25 percent tests. The TCA was fired in a vertical

down position under conditions of local ambient temperature and pressure.

TEST P_ESULTS :'

The test results showed the engine performance for the calibration tests

to be C* = 5360 ft/sec with an efficiency of 91.8 percent at a mixture
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ratio of 1.6. These tests were at a simulated altitude of 100,000 ft.

wh_le the low supply pressure tests were at ambient conditions. Per-

formance for the 75 and 50 percent low supply pressure tests remained

within ±2 percent of the calibration test results but the efficiency for

the 25 percent tests decayed to 85 percent (Figure 59). A mixture ratio

of 1.6 was maintained for the 75 and 50 percent tests but dropped con-

siderably (1.35) for the 25 percent tests (Figure h0). The inlet pres-

sures were maintained at their respective percentage of design pressure

within a tolerance of ±5 psig. Figurehl is a plot of chamber pressure

versus characteristic velocity. The tests were conducted in a descending

order of inlet supply pressure. The 75 percent tests were followed by

the 50 percent and then the 25 percent tests. Upon completion of the

25 percent tests, the first three liners at the injector end were lost.

Since only three of the 50 percent tests concluded in acceptable data,

an attempt to repeat these tests was made but resulted in a marked

increase in engine performance. This increase in performance is attrib-

uted to the change in burn characteristics at the head end of the cham-

ber. Previous R&D tests on birdcage billets without liners have shown

this tendency to have a higher performance but a shorter life. Audible

screech was present during the 25 percent inlet supply tests. Valve

response both on opening and closing was normal throughout the tests.

Post test X-rays of the TCA showed the ablative body %o be in excellent

condition with no delaminations. The loss of the liners is attributed

to their looseness in the chamber rather than as a result of the low

supply pressure tests.

g

0

C ONCLUS IONS

The low supply pressure test showed that the Capsule II type thrust

chamber operated at-inlet supply pressures as low as 50 percent of
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nominal will not result in any degradation of performance or life of the

TCA. However, supply pressures of below 50 percent show a marked decrease

in performance. No structural failures were evident as a result of these

tests ei.ther in the combustion chamber or to the ablative body. The loss

of the liners at the injector end at the conclusion of the 25 percent tests

has been considered to be a result of their looseness rather than as a

result of the low supply pressure tests.
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Figure 42. Inlet Supply Pressure vs Chamber Pressure,
Low Supply Pressure DIT
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